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NASP INLET DESIGN AND TESTING ISSUES 

An efficient inlet will be required for the successful operation of the National AeroSpace Plane. The 
major issues related to the prediction and measurement of the performance of scramjet inlets are presented. 

INTRODUCTION 

The primary purpose of an inlet for any air-breathing 
propulsive system is to capture and compress air for pro
cessing by the remaining portions of the engine. In a con
ventional jet engine, the inlet works in combination with 
a mechanical compressor to provide the proper compres
sion for the entire engine. For vehicles flying at super
sonic (1.5 < Moo < 5) or hypersonic (Moo > 5) 
speeds, adequate compression can be achieved by the 
inlet without a mechanical compressor. Because the air
flow and compression ratios of the scramjet engine are 
provided by the inlet, an efficiently designed inlet is crit
ical for the successful operation of the engine. 

The design of an efficient inlet for the National Aero
Space Plane (NASP) will be a challenging task because of 
the large operating envelope. The flow-field structure 
within the inlet is a strong function of freestream Mach 
number and altitude, so an inlet designed for one speed 
may not be acceptable for other speeds. In general, hy
personic inlets must be designed for high speeds because 
the engine is extremely sensitive to losses within the inlet 
at those speeds. Therefore, the design of an inlet for 
NASP involves defining an inlet shape that operates ef
ficiently at high speed but also provides adequate per
formance at lower speeds. 

At hypersonic speeds, the shock waves generated by 
the inlet compression surfaces are swept aft at very shal
low angles; thus, long inlets are required to capture and 
compress a given amount of airflow. Because of this fea
ture of hypersonic flow fields, it is advantageous to inte
grate the inlet into the undersurface of the vehicle fore
body to use the compression produced by the vehicle as 
part of the inlet. This so-called airframe-engine inte
gration is a unique feature of the NASP in that the engine 
performance will be significantly affected by the orien
tation of the flight vehicle. Bolt-on engines are a luxury 
relegated to lower speed aircraft. 

The goal of inlet design is to provide high levels of 
performance over the complete operating envelope of 
the aircraft. The performance of scramjet inlets can be 
discussed in terms of the amount of air captured by the 
inlet and the efficiency of the process used to compress 
the flow. Many different parameters are used to indicate 
the performance (see the Nomenclature in the boxed in
sert). Generally, these parameters allow a one-dimension
al representation of the flow field at the end of the inlet, 
which is useful for implementation in engine cycle anal
ysis. I The set of parameters selected to represent the 
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NOMENCLA TURE 

A = Area 
a = Speed of sound 
CO2 = Mass fraction of O2 
CN2 = Mass fraction of N2 
Cp = Specific heat at constant pressure 
Cy = Specific heat at constant volume 
e = Internal energy per unit mass 
h = e + Pip = Enthalpy per unit mass 
hI = h + V2!2 = Total enthalpy per unit mass 
L = Length of inlet 
M = Via = Mach number 
p = Pressure 
q = p V2 /2 = Dynamic pressure 
Re = p VLIJL = Reynolds Number 
s = Entropy per unit mass 
T = Temperature 
V = Velocity 
'Y = Cp/Cy = Ratio of specific heats 
l1KE = Kinetic energy efficiency 
p = Density 
JL = Viscosity 

Subscripts 

0, ex> 

4 
w 

= Freestream conditions 
= Conditions at inlet throat 
= Wall conditions 
= Reference conditions 

operation must be such that a unique specification of 
the mass, momentum, and energy of the flow entering 
the combustor can be determined. The parameters most 
often used to describe the inlet performance are the air 
capture ratio, kinetic energy efficiency, and enthalpy 
ratio. These parameters, together with a geometric de
scription of the inlet, can be combined to calculate the 
mass, momentum, and energy of the flow entering the 
combustor. 

In addition to functioning with high performance lev
els over the flight regime, the inlet must have sufficient 
margin in its operating characteristics to withstand per
turbations that may be caused by nonuniformities in the 
atmosphere, nuances of the flight path, or subtleties of 
the engine operation. These operability margins must ac-
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GLOSSARY OF INLET PERFORMANCE 
PARAMETERS 

Air capture ratio = Ao/ Ai Related to the amount of 
air passing through the 
engine. 

Enthalpy ratio = ht4 / hto Related to the amount of 
energy lost from the cap
tured stream tube through 
heat loss. 

Kinetic energy efficiency = Ratio of the useful kinetic 
energy remaining in the 
stream to the freestream 
kinetic energy. Friction, 
shocks, and heat loss all 
result in lower 1]KE' 

2 

Additive drag = t P dAx A pseudo-force required in 
the momentum balance 
formulation of the 
thrust-drag accounting 
scheme; sometimes called 
spillage drag. 

Compression ratio = P4 / Po Variable closely related to 
the thermodynamic effi
ciency of the engine. 

Aerodynamic contraction 
ratio = Ao/A4 

Geometric contraction 
ratio = Ai / A4 

The amount that the flow 
is "squeezed." 

Geometric factor related to 
inlet design. 

count for shock/boundary-layer interactions, the heating 
limitations of the structure, and contraction! compression 
ratio limits. The prediction and subsequent validation 
of these operability limits will be vital aspects of the flight 
test phase of the NASP program. 

Because the vehicle operates over such a wide speed 
regime, many important high-speed aerodynamic phe
nomena will exist at some portion of the flight regime 
on some portion of the inlet. The primary issues affect
ing performance and operability of an inlet system for 
the NASP are illustrated in Figure 1. During the develop
ment of the inlet for the NASP, many of these issues will 
be addressed in both analytical and experimental pro
grams. The analytical efforts are based primarily on 
computational fluid dynamic (CFD) techniques that nu
merically solve the fundamental partial differential equa-
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Figure 1. Schematic of the inlet flow·field features that affect 
inlet performance and operability. 
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Figure 2. Typical temperatures in various regions through a 
hypersonic inlet. 

tions that describe the flow of a continuum fluid. In the 
following sections, several of the primary issues related 
to the design of scramjet inlets are discussed. Where ap
propriate, sample results from CFD solutions are used to 
illustrate the issues. A more detailed description of the 
uses of CFD can be found in Ref. 2. 

HIGH-TEMPERATURE EFFECTS 
At high speeds, a significant amount of kinetic energy 

is contained in the flow, and the temperature of the cap
tured airstream rises as it is slowed either through the 
compression process or because of viscous effects. For 
temperatures below 600 K, air can be modeled as a per
fect gas, but at higher temperatures the effects of vibra
tional excitation, dissociation, and ionization can become 
important. Typical temperatures at various locations 
throughout an inlet flow field that is in chemical equi
librium are shown in Figure 2. The entire flow field, with 
the exception of the stagnation region, can be represented 
by an ideal gas for speeds below approximately Mach 5. 
For speeds up to Mach 12, the inviscid portion of the 
flow field can be represented by an ideal gas, but vibra-
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tional effects in the boundary layer flow must be con
sidered. At speeds above Mach 12, the vibrational effects 
in the inviscid flow and dissociation effects in the bound
ary layer must be taken into consideration. Ionization 
of the gas is restricted to the stagnation regions at the 
highest speeds. At flight conditions near Mach 20, the 
stagnation temperature can reach 11,000 K, which ex
ceeds the temperature of the surface of the Sun. 

The consideration of the gas model (i.e., ideal gas, 
equilibrium mixture, etc.) is important in the design of 
hypersonic inlets because the position and strength of 
shock waves can be strongly affected by high-tempera
ture gas effects. If these effects are neglected, the flow 
structure and resulting inlet performance can be signifi
cantly different than predicted. As will be discussed later, 
this effect has important implications for experiments 
in ground test facilities because the high-temperature ef
fects cannot be accurately simulated for speeds above 
Mach 12. 

At large Mach numbers and high altitudes, the parti
tion of energy between various states may not remain 
in equilibrium when the flow properties are changed 
rapidly. For typical NASP trajectories, these so-called 
nonequilibrium effects are most important in the stagna
tion region and in the high-temperature region within 
the boundary layers. As an example of the types of dif
ferences that may result from the nonequilibrium disso
ciation and recombination of air species, temperature 
profiles in the cowl-lip plane of a typical inlet at Mach 
25 are shown in Figure 3. In this example, the inlet flow 
field was calculated using the CFD code described in 
Ref. 3, which solves the parabolized Navier-Stokes equa
tions for a perfect gas, an equilibrium air mixture, or 
a nonequilibrium air mixture. As can be seen from the 
results, the high-temperature portion of the boundary 
layer is significantly different for the three gas models. 
Outside the boundary layer, an equilibrium assumption 
generally provides reasonably accurate results over most 
of the NASP trajectory. 

BLUNT LEADING EDGE EFFECTS 
Because of the large heating rates, the forebody of 

the vehicle and the engine cowl lip will be constructed 
with blunt leading edges. As shown schematically in Fig
ure 4, the flow-field features at a blunt leading edge in
clude a curved bow shock with attendant vorticity pro
duction, a subsonic flow region with resulting high fluid 
temperatures, and the beginning of a boundary layer 
with resultant high heat transfer rates. These flow-field 
phenomena can be calculated using CFD techniques to 
solve the complete Navier-Stokes equations. In addition, 
several approximate analyses are available for investigat
ing aspects of the blunt nose flow field. The stagnation
point heat-transfer analysis of Fay and Ridde1l4 is an 
example of a simplified analysis that provides important 
engineering information. 

Before quantitatively discussing the stagnation-point 
heat transfer, an important flow phenomenon that may 
produce very high heating rates at high speeds needs to 
be described. This phenomenon occurs at high speeds 
when inlets are designed such that the forebody bow 
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Figure 3. Effect of gas model on the temperature profile at 
the cowl lip plane of a typical inlet. 
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Figure 4. Characteristic flow-field features near a blunt leading 
edge. 

shock intersects the bow shock produced by the cowl 
lip. When this shock-shock interaction occurs, a very 
complicated flow field can result near the cowl lip. Sever
al different types of interactions have been identified, 
depending on the position and strength of the forebody 
shock with respect to the stagnation region. 5 As shown 
schematically in Figure 5, the type of interaction that 
results in the highest heat transfer produces a combined 
shear layer/shock system that impinges on the surface 
of the leading edge. At the point of impingement, a high 
pressure, high heat transfer region is produced locally. 
One of the questions that must be answered as part of 
the vehicle development is whether or not active cooling 
systems can ensure that the structure will survive under 
these locally high heat transfer conditions. 

By far the most important features of hypersonic 
blunt-body flow fields are the high temperatures and 
heating rates that are produced. As an example of the 
heating levels encountered in a NASP inlet, the stagnation 
heat transfer rates are shown in Figure 6 for a typical 
ascent trajectory. In Figure 6, the heating rates on the 
vehicle nose and cowl lip, as calculated with the Fay and 
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Figure 5. Schematic of a type of shock-shock interaction at 
the cowl lip that is capable of producing very high heat transfer 
conditions. 
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Figure 6. Stagnation point heat transfer rates for a typical as· 
cent trajectory. 

Riddell engineering analysis, are shown as a function of 
the freestream Mach number. Also shown in Figure 6 
is the heat transfer at the cowl lip if a shock-shock inter
action is produced. As can be seen in the results, the 
magnitude of the heat transfer in these regions will re
quire novel cooling designs if the NASP is to survive the 
hypersonic flow environment. (The heating rate may be 
as high as 1.2 x 109 W /m2 when a shock-shock inter
action occurs at the cowl lip at Mach 25. As a point of 
reference, the entire output of a moderate-size nuclear 
power plant would be required to provide this heating 
rate to a 1-m2 piece of material.) 

BOUNDARY LAYER DEVELOPMENT 
The heat transfer and friction losses within an inlet 

flow field are generally restricted to narrow regions along 
the surfaces of the inlet, which are called boundary layers. 
The understanding of the development of these bound
ary layers is crucial to the understanding of hypersonic 
inlet operation, because the majority of the inlet losses 
occur in these regions. The prediction and measurement 
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of these friction and heat transfer losses represent the 
major challenges in predicting inlet performance. 

In addition to the losses within the boundary layer, 
the interaction between the viscous and inviscid portions 
of the flow field becomes important at high speeds. This 
coupling complicates the design process significantly be
cause the majority of the inlet design tools that are avail
able use inviscid flow assumptions. At subsonic and low
er supersonic speeds, the boundary layer effects can be 
superimposed on the inviscid flow field, but at hyper
sonic speeds, the inviscid and viscous flow fields must 
be calculated simultaneously, which requires an iterative 
design procedure. 

The development of the boundary layer flow along 
the inlet is strongly influenced by the variable entropy 
layer produced by the curved forebody bow shock, by 
the transition from laminar flow to turbulent flow, by 
the effects of adverse pressure gradients, and by inter
actions with shock waves. Currently, a large degree of 
uncertainty exists in the prediction of transition from 
laminar flow to turbulent flow in hypersonic boundary 
layers. This uncertainty exists in both the prediction of 
the onset of transition and the prediction of the length 
of the transition zone. These prediction uncertainties lead 
to a large uncertainty in the inlet performance, and repre
sent one of the primary contributors to the overall uncer
tainty in hypersonic vehicle performance. The magnitude 
of the problem can be seen by using estimates of the 
transition location (such as those found in Ref. 6) and 
models for the transition length (such as that found in 
Ref. 7). As an example, Figure 7 shows the heat trans
fer along the surface of an inlet at Mach 25 for various 
assumed transition locations and transition lengths. The 
effect of transition can be seen in Figure 7 as a rapid 
rise in the local heating rate near the point of transition. 
For this example, it can be seen that the local heat trans
fer rate can vary by a factor of 50 depending on the tran
sition assumption. The impact of the uncertainty of tran
sition location on inlet performance can be significant. 
Various attempts at improving the prediction of transi
tion are under way and include analysis efforts based 
on laminar flow stability theory and experimental efforts 
conducted in specially built hypersonic quiet wind tun
nels. Despite these various attempts, many investigators 
believe that a flight experiment may be required to bet
ter quantify the transition region. 

The interaction of shock waves with boundary layers 
is another important consideration in all supersonic and 
hypersonic inlet designs. As illustrated in Figure 8, shock
wave/boundary-layer interactions can result from com
pression corners, reflected shocks, shock cancellations, 
or sidewall compression corners. Under certain circum
stances, the low momentum portion of the boundary lay
er cannot negotiate the pressure rise associated with the 
shock wave, and a separated boundary layer results. The 
structure of a shock-wave/boundary-Iayer interaction 
with separated flows is substantially more complicated 
than the attached flow counterpart. Large local heating 
conditions and unsteady flow effects are characteristic 
features of hypersonic separated flows. Most of these 
separated flow phenomena are very undesirable. 
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Figure 7. Local wall heat transfer rates for various transition 
criteria at a speed of Mach 25 and an altitude of 47.5 km. 
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actions. 

The goal of most inlet designs is to produce an inlet 
that does not result in any separated boundary layers. 
The designer must understand the magnitude of the pres
sure rises that will separate a boundary layer for various 
types of interactions, and then design the inlet so that 
this pressure ratio is never exceeded. As an example, the 
pressure ratios required to separate a boundary layer for 
two- and three-dimensional interactions are shown in 
Figure 9. 8

,9 As can be seen from this figure, a two
dimensional shock wave can be much stronger before 
separating a hypersonic boundary than an equivalent 
three-dimensional shock. Because inlets are usually de
signed to produce flow structures very near the separa
tion limits, extensions of these separation criteria to 
specific flow-field structures will be required for the de
sign of hypersonic inlets. 

The effect of an adverse pressure gradient on the de
velopment of a turbulent boundary layer is an additional 
area requiring further investigation. Computational tools 
are available for estimating the characteristics of the 
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Figure 9. Pressure rise required to separate a boundary layer. 

boundary layers in these regions, but large uncertainties 
exist in the heuristic turbulence model contained in these 
tools. 10 Experimental investigations of the development 
of hypersonic turbulent boundary layers in regions of 
adverse pressure gradients are required. The results of 
these experiments will be used to evaluate and improve 
turbulence models for hypersonic flows. 

MEASUREMENT OF HYPERSONIC 
INLET PERFORMANCE 
Simulation Requirements 

Tests of a full-scale inlet model will not be possible 
before the first flight of the NASP, because of the large 
size of the aircraft and the enormous power levels that 
would be required to operate a facility. Before this flight 
test phase, much of the inlet development work must 
be accomplished with either computational tools or ex
periments with scale models that can be conducted in 
available ground test facilities. Because full duplication 
is not possible, only certain flow phenomena can be in
vestigated in a given experiment. The simulation param
eters that must be matched between the flight condition 
and the ground-based experiments depend on the flow
field features to be investigated (see Table 1). 

Very little capability exists for simulating the high-tem
perature aspects of the hypersonic inlet flow fields in 
ground-based facilities because of either excessive energy 
requirements, temperature limits of materials, or pressure 
limitations. Because of these limitations, ground-based 
tests are used to investigate particular features of the flow 
field, such as shock/boundary-layer interactions, rather 
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Table 1. Aerodynamic simulation parameters. 

Parameter requiring 
matching 

Portion of flow field 
simulated 

Moo, "I Inviscid flow field 

Moo, "I, Re, TwlTo Perfect gas viscous flows 

V, Po, To, Tw, CO2 , CN2 Real gas viscous flows 

than to provide full simulation. Existing facilities can 
match Moo, "I, Re, and TwlToo for speeds up to about 
Mach 15, which allows investigation of many inviscid 
and viscous phenomena. 

The extrapolation of measured phenomena to flight 
conditions can best be accomplished using computational 
tools. Some of these extrapolations may be large, so the 
pre-flight prediction of the high-speed performance of 
the NASP will rely heavily on computational tools. This 
heavy reliance on computational techniques increases the 
importance of experimental validation of the analysis 
techniques when applied to the basic phenomena. A 
comprehensive effort to validate all aspects of computa
tional predictive capabilities is under way using tests that 
can be conducted in available facilities. 

Required Accuracies 
Despite difficulties in simulation in ground-based fa

cilities, inlet tests can be used to study many aspects of 
the inlet flow field. As discussed earlier, measurements 
of the mass, momentum, and energy of the flow at the 
exit of the inlet are required to assess the true perfor
mance of an inlet. By investigating the sensitivity of the 
engine operation to the inlet performance, a measure of 
the required accuracy in performance measurements can 
be obtained. Using generic engine cycle calculations, an 
assessment was made of the required accuracy of inlet 
performance measurements, and the results are shown 
in Table 2 for speeds of Mach 5, 10, and 20. At each 
speed, the required accuracy in a given performance pa
rameter is such that 1 % uncertainty in engine specific 
impulse would result if all other parameters were known 
exactly. As can be seen in these results, the required ac
curacy in the measurement of the air capture ratio does 
not change appreciably over the speed range, but the re
quired measurement accuracy of both the heat loss and 
1]KE becomes much more severe as the speed increases. 
This extreme sensitivity of the engine performance to the 
inlet operation at high speeds creates the need for the 
development of advanced instrumentation techniques 
that can achieve these required accuracies. Before dis
cussing some of these advanced techniques, a brief 
description of the characteristics of available hypersonic 
facilities is in order. 

Facilities 
Three types of hypersonic flow facilities are available 

for inlet testing. The first type is a conventional con
tinuous-flow wind tunnel where the air is pumped to high 
pressure, heated, ducted through the test section and over 
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Table 2. Accuracies of inlet performance measurements 
required to maintain 1 % uncertainty in engine Isp. 

Air capture (OJo) 

Heat loss (070) 

11KE (OJo) 

Mach 5 Mach 10 Mach 20 

1-2 

:::: 100 

1-2 

2-3 

30-50 

0.2-0.5 

2-3 

10-20 

::::0.05 

the model, cooled, and recirculated back through the 
pumps. Because of the large power requirements, these 
facilities are generally limited to speeds below Mach 10. 
These facilities present many challenges in the design of 
inlet models because the model must be actively cooled 
to provide the proper Tw ITo for boundary layer simu
lation. An example of this type of facility is Tunnel C 
of the Von Karman Facility at the Arnold Engineering 
Development Center. 11 This tunnel has a test section 
1.27 m in diameter and runs continously at Mach 10 con
ditions at a total pressure of 130 atm and a total tem
perature at 1000 K. 

The second class of hypersonic flow facility encom
passes a range of different devices collectively labeled 
pulse facilities. The most widely used pulse facility is a 
shock tunnel, which uses high-pressure gas to drive a 
shock wave through a tube containing the test gas. The 
passage of the shock causes the gas to be compressed 
and heated. This high-pressure, high-temperature gas is 
then exhausted through a nozzle to provide the proper 
Mach number. Because these facilities use traveling 
waves to generate the flow conditions, the run time is 
typically on the order of several milliseconds. These facil
ities can generate high-speed, high-Reynolds-number 
conditions, but the short run times present several 
challenges in the measurement of inlet performance. In
terestingly, the model design is usually simpler than 
models used in continuous flow facilities because the 
model temperature does not rise significantly over the 
course of a run, thus eliminating the need to actively cool 
the model. An example of this type of pulse facility is 
the 96-in. shock tube at Calspan, which can run at total 
pressures up to 1300 atm and stagnation temperatures 
up to 6000 K.12 Simulation from Mach 10 to Mach 20 
is achievable using a nozzle with an exit diameter of 
1.22 m. Run times are typically less than 10 ms. 

The third class of facility, which falls somewhere be
tween the fIrst two classes, is the blowdown facility wind 
tunnel. In these open-loop facilities, high-pressure air is 
initially stored in tanks and then ducted through a heater, 
nozzle, test section, and diffuser, and then exhausted to 
either the atmosphere or a vacuum sphere. These facili
ties generally have run times that range from less than 
one second to several minutes, depending on the operat
ing conditions. The achievable test conditions in this type 
of facility are limited by either heating limitations or 
pressure containment limitations. An example of this 
type of facility is Tunnel 9 at the Naval Surface Warfare 
Center in White Oak, Md. 13 This tunnel operates at 
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Mach 10 and Mach 14 using nitrogen at total pressures 
up to 1900 atm and total temperatures up to 2200 K, 
with run times on the order of 0.5 s. The test section 
is 1.52 m in diameter. 

Note that only pulse facilities can generate tempera
tures high enough to investigate real gas effects, but even 
those facilities cannot simulate both the proper temper
ature and Reynolds number at the same time. 

Measurement Techniques 
Various experimental techniques have been analyzed 

in an attempt to identify methods able to determine the 
inlet performance to a sufficient degree of accuracy. The 
measurement of the air ratio, heat loss, and kinetic ener
gy efficiency will be addressed in the following sections. 

AIR CAPTURE MEASUREMENTS 
The measurement of air capture ratio in continuous 

flow and blowdown wind tunnels is straightforward, us
ing available mass flow meters. In the use of these 
meters, which are attached to the aft end of an inlet, 
the airflow is diffused to subsonic conditions within a 
plenum before being ciischarged through a calibrated 
sonic orifice. If carefully used, mass flow meters can pro
vide the required accuracies for air capture measurements 
in continuous flow and blowdown wind tunnels . Mass 
flow meters cannot be used in pulse facilities, because 
the required steady-flow condition through the mass flow 
meter can not be achieved during the short run time. 

A mass flow measurement technique for pulse facilities 
that uses unsteady flow measurements has been under 

A 

P - Pressure gauge 
T - Temperature gauge 
Hr- Heat transfer gauge 

Figure 10. A Busemann inlet/plenum assembly for demonstrat
ing the usefulness of using a filling plenum to measure mass 
flow. A. A schematic of the assembly. B. Photograph of the as
sembly installed in the Ryerson/University of Toronto Mach 8.3 
gun tunnel. 
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development at APL. 14 In this technique, a plenum of 
known volume is attached to the aft end of an inlet. For 
a short-duration run, as would occur in a pulse facility, 
the pressure in the plenum rises linearly as the plenum 
fills, and a measurement of this rate of pressure rise can 
be used to determine the mass flow through the inlet. 

Initial investigations of this technique were performed 
using a Busemann inlet model with an attached plenum 
tested in the joint Ryerson/University of Toronto gun 
tunnel at Mach 8.3 and in the Calspan Corporation 48-
in. shock tunnel. The model used in these tests is shown 
in Figure 10. During the gun tunnel test, various volumes" 
were tested to assess the operation of the technique. As 
shown in the plenum pressure traces in Figure 11, the 
pressure rise is approximately linear over the course of 
the 100ms steady portion of the run, and the rate of pres
sure rise is approximately proportional to the inverse of 
the plenum volume. For the conditions encountered in 
these initial tests, the rate of pressure rise was not exact
ly inversely proportional to the plenum volume, because 
the heat transfer to the plenum was significant. When 
the heat loss is included in the data analysis, the maxi
mum error of the plenum filling technique is in the range 
of ± 4%. Further work will be required to refine the 
technique such that the required maximum error of 10/0 
to 3% is achieved. 

Heat Loss Measurement 
A measurement of the heat loss from the captured air

stream can be performed using either heat transfer 
gauges or an optical thermal mapping technique. In ei-

Diffuser 
P 

Replaceable 
baffle 

P 
T 

359 



D. M. Van Wie, M. E. White, and G. P. Corpening 

50 

40 

30 
n;-
'iii 
~ 
~ 20 ~ 
en 
en 
~ 
a.. 

10 

0 

-10 

Volume = 223.1 in3 

dPldt = 2711 psils 

Volume = 288.1 in3 

dPldt = 2305 psi/s 

Volume = 353.1 in3 

dPldt = 1988 psi/s 

~
Mass flow is approximately 
steady from this time forward 
until end of run 

-20~~~~~~~-L~~~~~~~~~~~~~~~~~~~~~~ 

0.02 0.03 0.04 
TIme (s) 

0.05 0.06 

Figure 11. Plenum pressure traces, showing the effect of plenum volume on filling rate. 

ther technique, a rate of change of the surface tempera
ture is used to obtain a measurement of the local heat 
transfer, and the overall heat loss is obtained using an 
integration of the local measurements. In regions of high 
gradients, the resolution of the measurements becomes 
important in defIning the overall heat transfer, and ther
mal mapping techniques offer an improved resolution 
capability. One limitation of the thermal mapping tech
niques is that the measurements on the inside portions 
of the model are usually not available. In general, the 
accuracy of heat loss measurements is adequate if the 
gradients in heat transfer can be resolved. 

Kinetic Energy Efficiency Measurements 
Many techniques are available for measuring inlet ef

ficiency, but few can achieve the required accuracy at 
high speeds. One such technique that shows promise is 
the drag measurement technique illustrated in Figure 12. 
A measurement of the drag on the captured airstream 
can be combined with measurements of air capture and 
heat loss to produce an accurate measurement of the inlet 
effIciency. 15 In practice, it is nearly impossible to build 
an inlet model that measures the drag on the captured 
airstream directly. The drag on the captured airstream 
is caused by both additive forces (which are pressure 
forces exerted by the fluid not captured) and pressure 
and friction forces exerted by the inlet surfaces. If the 
additive drag is small relative to the total inlet drag, com
plementary theory can be used to estimate this portion 
of the drag on the captured airstream. The measurement 
of the drag exerted by the inlet model on the captured 
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Figure 12. Schematic of drag measurement technique for mea
suring inlet efficiency. 

stream requires an identification of the wetted surfaces. 
For simple inlet shapes, the identification of the wetted 
surfaces is trivial, but as the inlet shape becomes more 
complex, the uncertainty in the location of the wetted 
surfaces becomes large. 

If the inlet surfaces wetted by the captured airstream 
can be identifIed, a measurement of the drag forces on 
these areas can be attempted. The simplest method for 
determining the drag is to measure the pressure and heat 
transfer distributions over the inlet surfaces. The pressure 
drag can be determined directly from an integration of 
the individual pressure measurements. The heat transfer 
gauges are used in combination with theory to estimate 
the skin friction. An integration of the estimated skin 
friction distribution allows an estimate to be made of 
the frictional drag. This technique for the measurement 
of drag assumes that all gradients can be resolved with 
the available instrumentation and that the heat transfer 
information can be related to the skin friction. 

When the accuracy resulting from integration pressure 
and friction forces is not adequate, a force balance can 
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be incorporated into the model design, as illustrated in 
Figure 12. A scramjet inlet model incorporating this mea
surement technique has been fabricated under the Gener
ic Hypersonic Inlet Test Program sponsored by the Air 
Force Aero Propulsion and Power Laboratory. As seen 
in Figure 13, the foreb,ody of the model is segmented 
such that the portion of the forebody wetted by the cap
ture airstream is isolated from the remaining portions 
of the model. This center section of the forebody is at
tached to a force balance. 

In the practical implementation of the forebody force 
technique, it is difficult to build a model where the inlet 
surfaces wetted by the captured airstream are the only 
surfaces attached to the balance. This results in a balance 
measurement that contains either more or less drag than 
desired. Pressure and heat transfer measurements in 
combination with theory are used to correct the balance 
measurements such that an assessment of the total drag 
of the captured airstream can be obtained. Because the
ory must be used in conjunction with measurements, an 
assessment of the accuracy of this technique is closely 
tied to a particular inlet design. For two-dimensional 
types of inlets such as the one shown in Figure 13, de
tailed analysis of the accuracy of this technique has been 
undertaken, and the technique should provide the re
quired accuracy for flight speeds up to about Mach 15. 
For example, the uncertainty in measured inlet kinetic 
energy efficiency has been estimated to be no worse than 
0.20/0 at Mach 10. 

CONCLUSIONS 
The development of an efficient inlet system that can 

operate over the entire flight regime is critical for the 
successful operation of the NASP. The design of an inlet 
presents many challenges because many different high
speed fluid dynamic issues must be addressed at some 
point in the design process. Most of these issues can be 
addressed either in experiments conducted in ground fa
cilities or by using computational tools, but a relatively 
high level of uncertainty may exist in some areas prior 
to the first flight. At the present time, the design of an 
inlet for the NASP appears achievable, but detailed vali
dation of predicted performance levels throughout the 
flight envelope is still required. 
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